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SUMMARY 

Flight  teats  were  undertaken  to  investigate  the  temperature 
gradients  in  the  wing  structure  of  a  typical  high-speed  fighter 
airplane  caused  by  rapid  changes  in  surface  temperatures.  The  tests 
consisted  of  measuring  the  temperatures  of  the  structure  throughout 
the  wing  during  dives  of  the  airplane  from  35*000  to  5*000  feet,  at 
rates  of  vertical  descent  up  to  225  feet  per  second.  The  data  are 
presented  in  the  form  of  tables^ of  tEe "measured  temperatures  and 
plots  of  the  temperature  change  of  typical  parts  of  the  wing  struc¬ 
ture  during  the  dives. 

The  tests  showed  that  temperature  gradients  which  are  produced 
in  an  aircraft  structure  as  a  result  of  sudden  changes  in  surface 
temperature  are  essentially  a  transient  condition  and,  therefore, 
are  determined  mainly  by  the  relative  size  of  adjacent  structural 
members,  the  thermal  bond  between  these  members^  and  the  rate  of 
change  of  surface  temperature.  Predicted  and  measured  temperature 
differences  between  a  spar  cap  and  the  adjacent  skin  in  dives  showed 
good  agreement,  and  it  is  believed  that  the  method  used  for 
predicting  temperature  gradients  may  be  applied  to  other  airplanes 
and  dive  conditions.  Computations  Vere  made  to  show  the  effects 
of  increases  in  (l)  the  rate  of  descent,  and  (2)  structural  mass 
distribution  (thermal  capacity)  on  the  temperature  distribution  for 
dives  at  higher  speeds.  It  was  shown  that  a  structural  design 
employing  a  thin  wing  skin  attached  to  a  heavy  spar  cap  is  conducive 
to  severe  temperature  gradients. 

Exploratory  calculations  were  made  of  the  stresses  resulting 
from  temperature  gradients.  In  spite  of  the  fact  the  prediction  of 
thermal  stresses  corresponding  to  observed  temperature  gradients  is 
difficult  and  probably  inaccurate  at  the  present  time  because  of  the 
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lack  of  information  on  thermal  stresses  for  typical  aircraft 
construction,  the  calculations  indicate  that:  (1)  For  airplanes 
similar  to  the  test  airplane,  operated  at  approximately  the  test 
conditions,  thermal  stresses  will  he  of  minor  importance;  (2)  the 
increased  structural  sizes  required  for  higher  performance  air¬ 
planes  will  alleviate  the  thermal  stress  problem;  and  (3)  the 
importance  of  the  thermal  stress  problem  depends  upon  the  specific 
case. 


INTRODUCTION 

With  the  advent  of  aircraft  capable  of  flight  in  the  transonic 
and  supersonic  speed  ranges,  several  new  problems  are  added  to  the 
field  of  structural  design.  One  of  these  problems,  which  is  the 
subject  of  this  investigation,  is  the  determination  of  the  magnitude 
of  thermal  stresses  which  occur  as  a  result  of  temperature  gradients 
in  the  airplane  structure.-  These  temperature  variations  in  the 
structure  are  the  result  of  subjecting  the  outer  surface  of  the 
airplane  to  rapidly  changing  temperature  conditions  which  accompany 
dives  from  high  altitudes,  or  by  changes  in  the  amount  of  friction 
heating  produced  by  large  changes  in  speed. 

Both  an  increase  in  airplane  speed  and  an  increase  in  ambient— 
air  temperature  tend  to  raise  the  temperature  of  the  boundary— layer 
air.  The  outer  surfaces  of  the  fuselage  and  the  wing  can  be  expected 
to  react  quickly  to  this  change  in  temperature,  since  both  the 
fuselage  and  the  wing  represent  bodies  of  limited  heat  capacities 
with  large  surface  areas  in  intimate  contact  with  the  boundary- 
layer  air.  In  the  case  of  the  ribs  and  spars,  however,  it  is 
obvious  that  the  reaction  to  a  change  in  boundary— layer  temperature 
would  be  more  sluggish,  with  the  result  that  transient  temperature 
gradients  in  the  structure  would  exist  for  a  short  period  of  time. 
Since  these  temperature  gradients  are  of  a  transient  nature,  the 
magnitude  of  the  temperature  differences  will  be  determined  by  both 
the  rate  of  change  of  the  boundary— layer  temperature  and  the  over-all 
change  in  temperature  of  the  boundary— layer  air.  Of  the  two  condi¬ 
tions,  the  rate  of  change  of  the  boundary-layer  temperature  can  be 
expected  to  have  as  great,  if  not  greater,  influence  on  the 
magnitude  of  the  temperature  gradients. 

Although  it  is  readily  evident  why  and  how  these  temperature 
gradients  can  occur,  the  problem  Is  to  determine  the  conditions 
under  which  these  gradients  will  reach  sufficient  magnitude  to 
produce  thermal  stresses  requiring  consideration  in  the  structural 
design.  The  purpose  of  this  investigation  was  to  measure  the 
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magnitude  of  the  thermal  gradients  in  the  wing  of  a  typical  high¬ 
speed  fighter  airplane  during  dives  and  to  provide  a  "basis  for  the 
prediction  of  the  gradients  to  he  anticipated  in  aircraft  of  higher 
performance . 

Methods  for  calculating  the  temperature  rise  of  a  surface  in 
high-speed  flight  are  presented  in  references  1  and  2.  These 
procedures  are  not  directly  applicable  to  present  day  aircraft 
structures  unless  some  reasonable  assumption  can  be  made  for  the 
flow  of  heat  into  the  interior  of  the  structure. 

Correlation  between  observed  or  estimated  temperature  gradients 
and  the  resultant  thermal  stresses  is  very  difficult  because  of  the 
limited  test  data  available  on  the  subject  and  because  of  the  fact 
that  the  intricacies  of  an  aircraft  structure  are  not  readily 
amenable  to  the  analytic  approach.  Flight  measurements  of  thermal 
stresses  in  a  wing  caused  by  operation  of  a  thermal  ice— prevention 
system  are  presented  in  reference  3*  The  results  of  reference  3 
have  been  used  in  this  report  to  predict  the  pattern  of  the  thermal 
stresses  which  would  be  induced  in  the  wing  during  a  dive. 

The  flight  tests  were  conducted  at  the  Ames  Aeronautical 
Laboratory,  Moffett  Field,  Calif. 


DESCRIPTION  OF  EQUIPMENT 

The  airplane  used  to  conduct  the  tests  is  shown  in  figure  1. 

A  sketch  of  the  wing  construction  is  shown  in  figure  2.  The  wing 
is  of  all-metal  stressed— skin  construction  with  the  main  spars 
located  at  20  percent  and  52  percent  of  the  wing  chord.  An 
auxiliary  spar  is  located  at  75  percent  of  the  wing  chord.  The 
skin  is  heavily  reinforced  between  the  two  main  spars  with  extruded 
T  and  H  sections  on  the  upper  surface  and  with  angle  sections  on 
the  lower  surface.  Aft  of  the  52— percent-chord  main  spar,  and  on 
the  nose  section,  the  skin  is  stiffened  in  a  chordwise  direction 
with  corrugated  sheets. 

To  investigate  the  temperature  lag  of  the  structure  adjacent 
to  large  masses  of  cold  fuel,  an  integral  fuel  tank  was  built  into 
the  right  wing  of  the  airplane.  The  fuel  tank  was  bounded  by  the 
20-percent  and  the  52— percent  spars,  the  upper  and  lower  surfaces 
of  the  wing,  and  by  specially  installed  solid  ribs  at  stations  l4l 
and  164. 
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DISCUSSION 

Temperature  Gradients 

The  temperatures  of  representative  components  of  the  wing 
structure  during  the  dives  are  shown  in  figures  5  to  9*  Figure  10 
presents  the  chordwise  distribution  of  the  surface  temperature  at 
the  termination  of  the  three  dives.  The  data  for  these  figures 
were  taken  from  table  I.  Curves  of  stagnation  temperature  (free- 
air  temperature  plus  full  kinetic  temperature  rise)  have  been  added 
to  figures  5  to  9  for  comparative  purposes. 

The  curves  of  figures  5  to  9  indicate  that,  in  general,  the 
time  at  which  the  maximum  temperature  difference  occurred  was 
during  the  pull-out  from  the  dives  or  shortly  thereafter.  As  a 
result  of  this  condition, it  is  evident  that  the  induced  thermal 
stresses  would  be  a  maximum  when  the  stresses  from  aerodynamic 
loads  would  be  large.  As  might  be  expected,  since  temperature 
gradients  in  the  structure  are  a  result  of  thermal  lag,  the  curves 
show  the  temperature  differences  to  be  a  function  of  two  factors : 
namely  (1)  the  rate  of  descent  of  the  airplane,  which  is  the  primary 
factor  controlling  the  rapidity  of  the  temperature  changes  imposed 
on  the  airplane  surfaces;  and  (2,)  the  distribution  of  mass  in  the 
structure,  which  results  in  differences  in  thermal  capacity  of 
adjacent  parts. 

The  influence  of  the  rate  of  descent  on  the  structural  tempera¬ 
ture  differences  is  indicated  by  the  observed  maximum  temperature 
differences  between  the  lower  flange  of  an  H  section  and  the  skin, 
as  shown  in  figure  6.  This  figure  shows  that  for  average  rates  of 
vertical  descent  of  73*  150,  and  225  feet  per  second,  during  which 
an  over-all  ambient  temperature  change  of  approximately  125°  F  was 
imposed  on  the  airplane  in  6.8,  3*3>  and  2.2  minutes,  respectively, 
the  resulting  maximum  temperature  differences  were  20°,  25°,  and 
37°  F,  respectively.  From  a  consideration  of  the  extremes,  it  is 
evident  that  tripling  the  rate  of  vertical  descent  almost  doubled 
the  temperature  difference.  As  shown  in  figure  4,  the  kinetic 
heating,  as  represented  by  the  difference  between  the  ambieni>-air 
temperature  and  stagnation  temperature ,  was  of  minor  importance  in 
comparison  with  the  change  in  the  ambient-air  temperature.  The  maximum 
kinetic  temperature  rises  were  of  the  order  of  35°  to  40°  F,  as 
compared  to  the  125°  F  temperature  change  resulting  from  change  of 
altitude . 

The  effect  of  mass  distribution  (variation  of  thermal  capacity) 
on  the  temperature  gradients  can  be  observed  by  a  study  of  figures 
5  to  10,  which  present  the  following  combinations : 
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Layers  of  paint  on  the  surface  of  a  high-speed  airplane  or 
missile  have  teen  shown  to  have  an  appreciable  effect  on  the  rate 
at  which  the  temperature  of  the  surface  under  the  paint  approaches 
the  temperature  of  the  boundary— layer  air.  To  investigate  this 
effect,  a  layer  of  paint  approximately  0.046  inch  thick  was  applied 
to  the  left-wing  surface  at  station  112.  This  heavy  coat  of  paint 
simulates  a  filler  which  might  be  used  on  future  high-speed  aircraft 
to  obtain  surface  smoothness. 

The  locations  of  the  thermocouples  throughout  the  wing  structure 
are  shown  in  figure  3*  Selection  of  the  thermocouple  locations  was 
based  on  anticipated  temperature  differences  occurring  as  a  result 
of  lag  in  heat  flow  across  the  main  structural  members  and  as  a 
result  of  differences  in  masses  of  adjacent  components  of  the 
structure.  The  thermocouples  used  to  measure  skin  temperatures 
were  strip-type  iron-cons tantan  thermocouples  rolled  to  a  thickness 
of  approximately  0.002  inch.  These  thermocouples  were  cemented  to 
the  skin  and  then  sprayed  with  a  thin  layer  of  paint  to  obtain  a 
smooth  surface.  In  the  case  of  the  thick  layer  of  paint  on  the 
left  wing  at  station  112,  a  thermocouple  was  installed  on  each  side 
of  the  paint  layer  (fig.  3(©)  )  •  For  the  internal  structure  of  the 
wing,  strip  and  rivet— type  thermocouples  were  used.  The  rivet 
thermocouples  were  imbedded  in  structural  rivets. 

All  temperature  readings  of  the  structure  were  recorded  with 
two  self-balancing  potentiometers.  Standard  MCA  instruments  were 
used  to  measure  airspeed,  free— air  temperature,  and  altitude. 


PRECISION  OF  MEASUREMENTS 

An  exact  determination  of  the  over-all  accuracy  of  the  tempera¬ 
ture  measurements  was  not  possible,  due  to  the  effect  of  lag  in  the 
thermocouple  response  when  measuring  rapidly  changing  temperatures. 
However,  this  effect  is  believed  to  be  small.  Of  the  most  interest 
are  the  temperature  differences  between  two  or  more  components  of 
the  structure  as  recorded  at  a  given  time.  The  effects  of  lag  in 
determining  the  temperature  differences  would  be  of  minor  importance, 
since  each  temperature  measurement  would  lag  approximately  the  same 
amount.  Validity  of  indication  of  the  two  types  of  thermocouples 
was  checked  by  installing  both  types  of  thermocouples  at  approxi¬ 
mately  the  same  location  on  the  skin.  Both  types  of  thermocouples 
indicated  temperatures  within  1°  F  of  each  other  throughout  the 
dive  tests.  The  accuracy  of  the  indication  of  the  potentiometers 
was  checked  during  the  dive  tests  by  recording  a  known  reference 
temperature.  This  error  was  found  not  to  exceed  +2°  F. 
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Ambient-air  temperatures  were  evaluated  from  data  taken  at 
intervals  of  level  flight  during  the  ascent  of  the  airplane.  This 
was  necessary  because  of  an  appreciable  lag  in  the  installation  to 
measure  free— air  temperature  during  the  dives.  The  corrections  to 
the  free— air— temperature  measurements  for  kinetic  heating  were 
evaluated  from  a  flight  calibration  of  the  free-air— temperature 
installation.  The  values  presented  for  ambient-air  temperature  are 
estimated  to  be  accurate  to  ±h°  F. 

The  airspeed  measurements  were  corrected  from  a  flight 
calibration  of  the  airspeed  installation.  The  airspeed  data  are 
considered  accurate  to  ±1— 1/2  percent. 


TEST  PROCEDURE  AND  RESULTS 

For  each  dive  test,  the  airplane’ was  climbed  to  35*000  feet 
pressure  altitude,  with  readings  of  ambient— air  temperature  being 
recorded  by  the  pilot  at  intervals  of  5*000  feet.  At  35*000  feet 
the  airplane  was  cruised  at  an  indicated  airspeed  of  about  150  miles 
per  hour  for  15  minutes  to  allow  the  structure  to  achieve  an  equi¬ 
librium  temperature.  The  pilot  then  started  the  recording  instru¬ 
ments  and  dived  the  airplane  to  a  pressure  altitude  of  5*000  feet. 
During  each  dive,  an  attempt  was  made  to  hold  the  rate  of  vertical 
descent  approximately  constant  throughout  the  dive. 

Time  histories  of  true  airspeed,  altitude,and  free— air 
temperature  during  four  representative  dives  are  shown  in  figure  4. 
The  free— air— temperature  data  presented  are  corrected  for  kinetic 
heating . 

The  temperatures  of  the  structure  as  measured  during  the  four 
dives  of  figure  4  are  presented  in  table  I.  A  different  value  of 
time  must  be  presented  for  each  temperature  because  the  recording 
instrument  selected  the  thermocouples  in  rotation.  The  letters 
preceding  the  thermocouple  numbers  in  table  I  correspond  to  the  type 
of  thermocouple  as  designated  in  figure  3*  The  discontinuities  in 
the  numbering  system  in  table  I  are  the  result  of  omitting  thermo¬ 
couples  which  failed  during  the  tests  and  of  omitting  thermocouples, 
the  locations  of  which  were  not  considered  of  sufficient  importance 
to  include  in  the  report.  The  data  as  presented  in  table  I  during 
flight  4  include  only  temperatures  as  measured  for  the  fuel  and  the 
structure  surrounding  the  fuel.  These  data  were  included  because 
this  was  the  only  flight  for  which  temperatures  were  obtained  for 
the  fuel  at  the  center  of  the  fuel  tank. 
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1.  Skin  and  stiffener  (fig.  5) 

2.  Skin  and  former  (fig.  6) 

3.  Across  a  rib  (fig.  7) 

4.  Spar  cap  and  spar  web  (fig.  8) 

5.  Fuel  and  structure  of  fuel  tanks  (fig.  9) 

6.  Skin  and  spar  cap  (fig.  10) 

On  the  test  airplane,  the  maximum^temperature  differences 
occurred  between  the  skin  and  the  spar  caps  (fig.  10).  The  dips  in 
the  curves  at  the  spar  locations  indicate  clearly  the  thermal  lag 
associated  with  surface  areas  connected  to  large  masses.  The  curves 
for  thermocouples  SI  and  M2  in  figure  8  show  that  the  rates  of 
temperature  rise  of  the  inner  and  outer  surfaces  of  the  spar  cap  at 
the  20-percent  chord  are  almost  identical,  indicating  good  heat 
transfer  from  the  surfaces.  Because  of  the  mass  of  the  spar  caps, 
however,  the  temperature  lags  behind  that  of  the  adjacent  skin 
by  some  30°  to  40°,  as  shown  in  figure  10. 


The  mass  distribution  causing  the  second  largest  temperature 
differences  in  the  wing  was  that  associated  with  the  large  masses 
of  fuel  in  the  wing.  As  may  be  noted  from  figure  9*  "the  tempera¬ 
ture  of  the  fuel  during  the  dive  increased  only  slightly,  while 
the  temperature  of  the  skin  rose  rapidly  and  the  temperature  of  the 
stringer  immersed  in  the  fuel  assumed  an  intermediate  position. 

Some  indication  of  the  effect  of  the  presence  of  the  cold  fuel  on 
the  temperature  difference  between  the  skin  and  the  stringer  can  be 
obtained  by  a  comparison  of  the  data  in  figure  9  with  those  for  a 
similar  structural  conf iguration  and  dive  without  the  presence  of 
fuel  (fig.  5  00  )  .  The  temperature  difference  between  the  skin  and 
the  stringer  at  the  end  of  the  dive  is  seen  to  be  about  10°  F  without 
fuel  and  20°  F  with  fuel.  The  fuel  would  have  had  even  greater 
influence  on  the  temperature  difference  between  the  skin  and  the 
stringer  had  time  been  allowed  before  the  dive  for  the  fuel  tempera¬ 
ture,  which  was  about  20°  F  at  the  start  of  the  dive,  to  approach 
more  closely  the  ambient>-air  temperature  of  — 6o°  F. 

A  factor  which  would  have  a  modifying  influence  on  the 
temperature  differences  as  previously  discussed,  is  the  insulating 
properties  of  a  relatively  thick  layer  of  paint.  The  magnitude  of 
this  factor  is  indicated  in  figure  11  by  the  difference  between  the 
skin  temperature  and  surface  temperature  when  the  surface  is  coated 
with  such  a  layer  of  paint.  The  temperature  difference  was  found 
to  be  approximately  20°  F  at  the  termination  of  the  dive  at  the 
highest  rate  of  vertical  descent.  It  is  of  interest  to  note  that 
the  insulating  action  of  the  paint  was  sufficient  to  produce  a 
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greater  temperature  drop  through  the  paint  than  existed  between 
the  skin  and  the  adjacent  stringer.  This  fact  would  suggest . that , 
for  the  transient  condition,  both  thermal  stresses  and  undesirable 
high  surface  temperatures  can  be  alleviated  by  the  use  of  paint# 

In  an  attempt  to  arrive  at  some  means  of  generalizing  the 
foregoing  results ,  a  comparison  has  been  made  of  the  experimental 
temperature  differences  between  the  spar  cap  and  the  adjacent  skin 
and  the  computed  differences  based  upon  simplifying  assumptions. 

The  skin  and  spar— cap  region  selected  for  the  comparison  was  the 
upper  surface  of  the  right  wing  at  20  percent  of  the  wing  chord, 
station  76  (fig.  3(a)  ).  A  sketch  of  the  skin  and  spar  cap  is  shown 
in  figure  12.  The  calculation  procedure  employed  was  to  set  up 
equations  which  represented  the  heat  flow  for  the  spar  cap  and  the 
adjacent  skin  for  any  time  increment,  and  then  to  solve  the  equa^- 
tions  by  a  step-by— step  solution  from  the  start  to  the  end  of  the 
dive.  The  equations  and  the  assumptions  involved  in  their  solution 
are  discussed  in  the  appendix  of  this  report. 

The  calculated  skin  and  spar-cap  temperatures  for  flights  1,  2, 
and  3  are  compared  with  the  observed  values  in  figure  13*  At  the 
termination  of  the  dives,  the  calculated  temperatures  are  somewhat 
higher  than  the  measured  temperatures,  but  of  most  interest  is  the 
temperature  difference  between  the  skin  and  the  spar  cap.  The 
calculated  temperature  differences  between  the  skin  and  the  spar 
cap  at  the  end  of  the  dives  At  ,  in  figure  13,  ore  In  good  agree¬ 
ment  with  the  measured  temperature  differences,  and  the  method 
provides  a  means  for  predicting  the  temperature  differences  to  be 
anticipated  for  arrangements  and  dives  beyond  the  scope  of  the 
present  tests. 

To  obtain  an  indication  of  the  effects  of  increases  in  the  -  rate 
of  descent  and  also  changes  in  the  mass  of  the  structure  on  the 
temperature  gradients,  calculations  have  been  made  for  three  differ¬ 
ent  size  skin  and  spar— cap  combinations  for  a  rate  of  vertical 
descent  range  from  200  to  1100  feet  per  second.  One  of  the  three 
designs  selected  corresponded  to  the  test  airplane  spar— cap  and 
skin  combination  previously  analyzed  (figs.  12  and  13)  and  the 
remaining  two  designs  were  similar  but  larger  to  correspond  to  the 
probable  sizes  required  for  strength  at  higher  diving  speeds.  For 
rates  of  vertical  descent  in  which  the  speed  of  the  airplane  would 
be  in  the  transonic  and  supersonic  regions,  the  airfoil  section  was 
assumed  to  be  diamond  shaped  with  a  wedge  angle  at  the  leading  edge 
of  8°#  The  location  of  the  spar  cap  with  respect  to  the  leading  edge 
was  assumed  to  be  the  same  as  that  on  the  wing  of  the  test  airplane. 
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The  calculated  temperature  differences  for  the  three  skin  and 
spar— cap  arrangements  are  presented  in  figure  14  for  dives  from 
35,000  feet  to  5,000  feet.  An  examination  of  figure  Ik  indicates 
that, at  high  rates  of  vertical  descent,  a  skin  and  spar— cap 
combination  such  as  that  on  the  test  airplane  (curve  A)  would 
experience  an  appreciable  temperature  difference.  However,  if  both 
the  skin  and  the  spar  cap  are  increased  in  mass,  a  reduction  in 
temperature  difference  results.  This  effect  is  indicated  by  curves 
B  and  C.  The  reduction  in  temperature  difference  is  due  to  the 
increased  heat  capacity  of  the  thicker  skin  and  also  to  the  increased 
cross-sectional  area  of  the  skin  available  for  heat  flow.  Thus,  it 
is  seen  that  the  increased  structural  mass  required  for  strength  at 
the  higher  diving  speeds  tends  to  compensate  for  the  increased  rate 
of  boundary— layer  temperature  rise  resulting  from  aerodynamic  heating 
and  change  of  altitude.  Whether  or  not  this  compensation  will  be 
adequate  to  eliminate  entirely  the  problem  of  therm!  stresses 
depends  upon  the  particular  airplane  and  the  conditions  of  the  dive . 
The  method  of  calculation  presented  in  this  report  provides  a  simple 
means  for  computing,  at  least  for  the  single  case  of  a  skin  and  spar- 
cap  combination,  the  approximate  magnitude  of  the  temperature  differ¬ 
ences  to  be  expected. 

Of  considerable  interest  with  regard  to  the  curves,  shown  in 
figure  14,  would  be  comparisons  between  the  predicted  values  and 
actual  test  data  for  the  various  skin  and  spar— cap  combinations. 

One  possibility  for  obtaining  such  test  data  and  also  as  a 
suggestion  for  future  research  would  be  to  heat  the  surfaces  of  a 
typical  structural  arrangement  by  means  of  heating  pads  or  lamps. 

The  amount  of  heat  applied  to  the  surface  could  be  varied  to  obta*in 
rates  of  changes  of  the  surface  temperature  similar  to  those 
encountered  in  flight.  Temperature  gradients  throughout  the 
structure  could  then  be  readily  measured.  This  test  procedure  has 
an  advantage  over  the  analytical  approach  because  it  eliminates  the 
uncertainty  associated  with  the  assumption  of  a  perfect  thermal  bond 
between  the  components  of  the  structure. 


Thermal  Stresses 

The  evaluation  of  the  actual  thermal  stresses  induced  in  a  wing 
structure  as  a  result  of  temperature  gradients  is  a  difficult  problem. 

This  is  partially  due  to  the  fact  that  a  wing  structure  is  not  a 
rigid  body  and,  consequently,  some  movement  between  the  structural 
components  may  occur  and  thus  relieve  some  of  the  thermal  stresses. 
However,  an  indication  of  the  thermal  stresses  induced  in  the  wing 
of  the  test  airplane  was  obtained  by  comparing  the  temperature 
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gradients  found  in  this  investigation  with  the  temperature  gradients 
and  resultant  thermal  stresses  observed  in  reference  3*  In  this 
investigation,  heated  air  was  supplied  to  the  leading  edge  of  the 
wing  of  a  large  twin— engine  transport  airplane  and  the  temperatures 
and  stresses  of  the  wing  were  measured  at  various  positions  on  the 
chord  at  two  wing  stations.  As  a  result  of  the  relatively  warm 
leading  edge  tending  to  expand,  compression  stresses  were  induced 
in  this  portion  of  the  wing,  while  tension  restraining  forces  were 
generated  immediately  aft  of  the  leading— edge  heated  region. 

As  may  be  noted  in  figure  10,  the  skin  panels  at  the  leading 
edge  and  between  the  two  main  spars  were  relatively  warm  as  compared 
to  the  two  main  spars.  Therefore,  on  the  basis  of  the  stress  pattern 
found  in  reference  3 9  it  seems  reasonable  to  conclude  that,  consider¬ 
ing  only  the  thermal  stresses,  the  skin  panels  would  be  in  spanwise 
compression,  while  the  spars  would  be  in  spanwise  tension.  A  first 
approximation  of  the  compression  stress  in  the  skin  can  be  made  by 
assuming  the  skin  area  Ss  to  be  completely  restrained  from  expansion 
by  the  spar  cap  and  the  rest  of  the  wing  structure.  (See  sketch  of 
the  skin  and  spar-cap  junction  in  fig.  12.)  If  it  is  assumed  there 
is  no  buckling  action,  the  compression  stress  in  the  skin  for 
complete  restraint  fgr  can  be  readily  calculated  for  any  observed 
temperature  difference  between  the  skin  and  the  spar  cap.  In  the 
actual  case,  the  value  of  fgr  would  be  reduced  by  the  fact  that 
the  spar  cap  would  elongate  somewhat.  For  the  purpose  of  this 
report,  the  assumption  was  made  that  the  actual  stress  in  the  skin 
fs  and  the  spar  cap  fc  would  be  related  to  the  completely  restrained 
skin  stress  fs~  as  follows: 


^S 


7c-7a 

7c 


and. 


f 


c 


7s 

7c 


where  ys  and  yc  are  the  thickness  of  the  skin  and  spar  cap, 
respectirely,  as  shown  in  figure  12. 
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Based,  on  the  foregoing  assumptions  *  the  calculated  stresses  in 
the  spar  cap  and  the  adjacent  skin,  at  wing  station  *j6  of  the  test 
airplane,  are  presented  in  figure  15.  The  computed  stresses,  as 
shown  By  the  data  points  in  figure  15.,  were  calculated  from  the 
temperature  difference  hetween  the  skin  and  the  spar  cap  as  found 
at  the  termination  of  the  dive  in  flight  1.  The  tension  stresses 
are  the  stresses  in  the  spar  cap  and  the  compression  stresses  are 
the  stresses  in  the  skin.  The  Basis  for  fairing  the  stress  curve 
in  figure  15  was  the  pattern  of  the  thermal  stresses  which  was  found 
to  occur  in  the  heated  wing  in  reference  3-  The  chordwise  tempera¬ 
ture  distribution  curve  upon  which  the  computations  are  Based  and 
which  is  shown  in  figure  15  is  the  same  as  the  curve  shown  in 
figure  10  for  flight  1,  with  the  exception  of  the  spar-cap  tempera^- 
tures.  The  spar— cap  temperatures,  which  are  indicated  By  the  dips 
in  the  curve,  are  the  average  temperatures  Between  the  upper  and 
lower  surfaces  of  the  spar  caps. 

As  shown  in  figure  15,  the  maximum  compression  stress  in  the 
skin  is  seen  to  Be  of  the  order  of  6,000  pounds  per  square  inch, 
and  occurs  at  the  rear  spar  cap.  For  the  test  airplane,  a 
compression  stress  in  the  skin  of  this  magnitude  is  not  considered 
critical.  In  future  aircraft,  the  induced  thermal  stresses  may 
merit  careful  consideration,  depending  upon  the  flight  conditions 
and  the  design  of  the  wing  structure. 


CONCLUSIONS 

Based  upon  a  consideration  of  observed  temperature  gradients 
which  occurred  in  the  wing  of  a  high-speed  fighter  airplane  during 
dives  from  35,000  feet  to  5,000  feet,  it  is  concluded: 

1.  Temperature  gradients  which  are  produced  in  an  aircraft 
structure  as  a  result  of  sudden  changes  in  the  surface  temperatures 
are  essentially  a  transient  condition,  and  as  such  are  determined 
mainly  By  the  relative  size  (thermal  capacity)  of  adjacent  structural 
members  and  the  rate  of  change  of  surface  temperature.  The  thermal 
Bond  Between  adjacent  structural  members  would  Be  an  Influencing 
factor. 


2.  For  airplanes  similar  to  the  test  airplane  and  subjected 
to  dives  of  the  same  order  of  rate  of  vertical  descent,  the  tempera¬ 
ture  gradients  and  thermal  stresses  will  Be  appreciable  But  of 
secondary  importance  as  compared  to  stresses  due  to  aerodynamic 
loads . 
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3.  For  structural  arrangements  and  flight  conditions  beyond 
the  scope  of  these  tests,  the  seriousness  of  the  thermal  stress 
problem  will  be  dependent  upon  the  specific  airplane  and  operational 
conditions.  Exploratory  calculations  indicate  that  the  increased 
structural  sizes  required  at  increased  diving  speeds  will  greatly 
alleviate  the  temperature  gradient  problem. 

km  The  order  of  magnitude  of  the  temperature  gradients  between 
adjacent  components  of  the  structure  can  be  calculated,  provided  a 
reasonable  assumption  of  the  degree  of. thermal  bond  between  the 
components  can  be  made.  In  the  present  analysis,  the  assumption  of 
perfect  thermal  bond  provided  good  agreement  between  calculated 
and  observed  values. 

5.  The  evaluation  of  the  thermal  stresses  generated  in  an 
aircraft  structure  by  the  existence  of  thermal  gradients  is 
difficult  and  probably  inaccurate  at  the  present  time.  The 
recommendation  ip  made  that  further  data  be  obtained  to  enable  a 
more  complete  evaluation  cf  thermal  stresses. 


Ames  Aeronautical  Laboratory, 

National  Advisory  Committee  for  Aeronautics, 
Moffett  Field,  Calif. 


APPENDIX 

The  method  used  to  determine  the  skin  and  spar-cap  temperatures 
was  to  establish  a  heat  balance  for  a  unit  spanwise  length  of  the 
spar  cap  and  a  unit  spanwise  length  of  the  skin  adjacent  to  the 
spar  cap.  The  equations  determined  in  this  manner  were  then  solved 
simultaneously  for  short  intervals  of  time  in  a  step-by— step  manner 
throughout  the  dive  for  the  skin  and  spar— cap  temperatures.  A 
sketch  of  the  skin  and  spar  cap  is  shown  in  figure  12  in  order  to 
assist  in  interpreting  the  equations  for  the  heat  flow  to  the  skin 
and  the  spar  cap.  The  equation  used  for  heat  flow  to  the  spar  cap 
was 

2TkA(t82-tc2) 

ThSc(ta— tc2)  +  -  =  Wc  Cp  (tc2— tc1)  (Al) 


and  for  the  skin 
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.  .  TkA(tso— tcp) 

ThSs(ta-tS2) - =  ws  Cp  (tS2-tSl)  (A2) 

L 

The  symbols  and  subscripts  used  in  equations  (Al)  and  (A2) 
and  the  symbols  shown  in  figure  12  are  defined  as  follows: 

A  cross-sectional  area  cf  the  skin  for  heat  flow,  square  feet 
Cp  specific  heat,  Btu  per  pound,  °F 

h  surface  heat-transfer  coefficient,  Btu  per  hour,  square  foot,  °F 

k  thermal  conductivity  of  aluminum,  Btu  per  hour,  square  foot  °F 
per  foot  * 

l  distance  for  heat  flow  between  skin  and  spar  cap,  feet 

S  heat— transfer  surface  area,  square  feet 

t  temperature,  °F 

W  weight  of  material,  pounds 

t  interval  of  time,  hours 


Subscripts 
a  refers  to  air 

c  refers  to  spar  cap 

s  refers  to  the  skin 


1,2  the  beginning  and  the  end  of  time  interval  t 

Equations  (Al)  and  (A2)  do  not  take  into  consideration  heat 
transferred  by  radiation,  since  it  would  be  small  at  these  surface 
temperatures  and  altitudes;  also  the  heat  transferred -by  convection 
to  the  air  inside  the  wing  was  assumed  negligible.  The  equation- 
used  for  the  determination  of  the  surface  heat-transfer  coefficient 
was  that  given  in  reference  >i  for  turbulent  flow.  The  use  of  a 
surface  heat-transfer  coefficient  for  turbulent  flow  was  based  on 
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the  local  Reynolds  number  at  the  spar-cap  location  which  varied 
from  approximately  1,500,000  to  6,000,000  throughout  the  dives. 

The  area  of  the  spar  cap  Sc  used  in  equation  (Al)  was  the 
surface  area  of  a  1-foot  length  of  the  spar  cap.  The  area  of  the 
skin  Ss  used  in  equation  (A2)  was  based  on  a  1-foot  length  of  the 
skin  and  on  a  width  which  was  considered  as  representative  of  that 
portion  of  the  3kin  which  transferred  heat  to  the  spar  cap,  name  y, 
between  the  spar  cap  and  the  adjacent  stiffener.  Ihe  distance  for 
heat  flow  l  between  the  skin  and  the  spar  cap  in  both  equations 
(Al)  and  (A2)  was  taken  as  the  distance  between  the  spar  cap  and 
the  center  of  the  surface  area  of  the  skin.  Since  the  spar  cap 
received  heat  from  the  skin  on  either  side,  the  total  heat 
transferred  to  the  spar  cap  was  assumed  twice  that  transferred 
from  the  skin  on  one  side  of  the  spar  cap.  The  temperature  of  the 
air  ta  in  equations  (Al)  and  (A2)  is  the  temperature  of  the  air 
in  the  boundary  layer.  The  boundary-layer  temperature  was  considered 
to  be  the  ambient-air  temperature  plus  the  temperature  rise  as  occurs 
in  the  boundary  layer  due  to  the  dissipation  of  kinetic  energy  into 
heat  energy.  The  temperature  rise  due  to  the  dissipation  of  kmeti 
energy  was  assumed  to  be  0.9  of  the  full  adiabatic  temperature  rise. 
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Fiqutb  2 Structural  details  of  right  wing  of  test  airplane 
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Figure  3-  Continued. 
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(a)  Flight  I,  average  rate  of  vertical  descent  225  ftisec 

igure  4  -  Time  histories  of  airspeed ',  altitude  and  ambient-  air  temperature  dur¬ 
ing  the  dives  from  35,000  feet  to  5,000  feet  pressure  altitude. 


(b)  Flight  2,  average  rate  of  vertical  descent  150  ft  i sec 
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(d)  Flight  4,  average  rate  of  vertical  descent  138  ft  I  sec 


Stagnation  temperature 


ure  5  -  Temperature  difference  between  a  typical  skin- stiffener  combination. 
Station  76  right  wing. 
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Figure  5  -  Continued. 
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(c)  Flight  3,  average  rate  of  vertical  descent  73  ft  I  sec 
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(c)  Flight  3,  average  rate  of  vertical  descent  73  ft  I  sec 
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Figure  7.  Temperature  differences  across  a  rib  at  station  126  in  right  wing. 
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Figure  7.  -  Continued. 
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(c)  Flight  3,  average  rate  of  vertical  descent  73  ft  I  sec 
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(a)  Flight  /,  average  rate  of  vertical  descent  225  ft  I  sec 

Figure  8.  -  Temperature  differences  between  the  spar  cap  and  the  spar  web  at  the  20 
percent  chord.  Station  76  in  right  wing. 
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Figure  8.-  Concluded. 
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Figure  10-  Chord  wise  temperature  distribution  at  the  termination  of  the 
dive.  Station  76,  upper  surface  of  right  wing. 
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Figure  Hr  Temperature  lag  of  the  structure  resulting  from  thick  layers  of  paint  on 
the  wing  surface  at  station  H2  in  left  wing. 
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(a)  Arrangement  on  test  airplane 


Figure  12  -  Sketch  of  the  skin  and  spar- cap  to  illustrate 
the  method  of  calculating  the  skin  and  spar -cap 
temperatures. 
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(a)  Flight  I,  rate  of  vertical  descent ,  225  ft  I  sec 

Figure  13  -  Comparison  during  the  dive  between  the  measured  and  calculated  temperature $ 
of  the  spar  cap  and  the  skin  adjacent  to  the  spar  cap.  Right  wing  upper  surface 
at  20  percent  chord ,  station  76. 
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Figure  13  -  Continued. 
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Figure  15-  Predicted  stresses  induced  in  the  wing  as  a  result  of  the  chord - 
wise  temperature  distribution  at  the  termination  of  the  dive .  Flight  f : 
station  76  right  wing t  upper  surface . 


